Introduction
The NASA Glenn Research Center is currently developing a reusable, single-stage-to-orbit (SSTO) launch vehicle known as "Trailblazer _'' that utilizes a rocket-based combined-cycle (RBCC) propulsion system. This vehicle, shown in Fig. 1 , will operate in four modes from lift-off to orbit: !) air-augmented rocket, 2) ramjet, 3) supersonic combustion ramjet (scramjet), and 4) all-rocket. The Trailblazer is an axisymmetric vehicle having three RBCC propulsion pods equally-spaced at 120°intervals. This configuration insures that the total thrust vector is always aligned with the vehicle's axis, and allows the forebody boundary layer to be diverted between the pods. An axisymmetric vehicle was chosen in part, for its high structural and volumetric efficiency, and for its low drag, at the cost of lower inlet precompression.
The entire cross-sectional area of the vehicle is available for nozzle expansion.
A detailed description of the Trailblazer vehicle is given in Ref. 1 .
A propulsion system using the ramiet and scramjet cycles must have another means of acceleration from static conditions to low supersonic speeds, at which point the ramjet cycle can generate sufficient thrust for further acceleration.
RBCC systems use rocket motors to accomplish this, and are characterized by a high degree of integration between the rocket and ramjet cycles. This integration can provide both thermodynamic and structural advantages over a system in which the rocket and ramjet engines are separate. Some form of RBCC propulsion is generally considered to be an appropriate choice for air-breathing, reusable, SSTO launch vehicles 2.
In this study, we focus on the low speed mode which typically covers the speed range from lift-off to a maximum around Mach 3. Two general classes of RBCC engines appear in the literature, diffusion and afterburning (DAB), and simultaneous mixing and combustion (SMC). They are distinguished by their thermodynamic cycle. In the DAB cycle, an inert rocket exhaust is used as the primary flow in an ejector process. Following ejector pumping, the mixed flow is diffused, fueled and burned subsonically in an afterburner. Subsequently, the gases are expanded through a convergent-divergent nozzle. This scheme results in high thermodynamic performance, but due to the serial nature of the processes, requires a long duct and suffers from low thrust-to-weight ratio. Any combustion during the mixing process reduces performance, so a stoichiometric or oxygenrich rocket exhaust is generally assumed. The use of a number of small primary nozzles can shorten the required mixing duct length, but the design of small, stoichiometric rocket nozzles raises numerous issues related to structural and thermal design and reliability.
Some of the negative aspects of the DAB cycle are eliminated at the expense of some thermodynamic performance with the SMC cycle. In the SMC cycle, the rocket exhaust is fuel-rich and provides some fraction of the fuel required for combustion with the entrained airflow. The rocket and air streams mix and burn simultaneously, eliminating the need for a diffuser and afterburner duct. This process generally results in thermal choking where mixing is complete, fol-lowed byexpansion through theremaining area ratio. The length of the flowpath is now determined by the flame propagation speed. Since the rocket is not the fuel source for the airstream, the rocket oxidizer-to-fuel ratio (O/F) can be fixed at an optimum value for best system performance. An additional advantage of the IRS cycle is that the fuel injectors provide the means to control the location of the thermal throat by adjusting the amount and radial distribution of the fuel injected into the airstream.
The objective of this work is to describe a computational analysis tool developed for the IRS cycle, and investigate the performance of this propulsion mode over its operating flight range (0 < M 0 -< 3 ). An additional objective is to generate performance maps for trajectory optimization.
Numerical Formulation
The ramjet and rocket streams are solved simultaneously using a total variation diminishing (TVD A n . The sum of the primary and secondary areas must equal the prescribed total engine area, Ato t , at every point. That is 
AIS_I)] (11)
The first two steps (Eqs. 9-12) represent the standard MacCormack scheme where the superscripts "(1)" and " (2) In the present work we use a symmetric TVD scheme for which the elements of the vector n I _j+ 1/2, denoted by _j+ 1/2 are given by:
Here aj+l/2 denotes the eigenvalues of the Jacobian l matrix A evaluated at Qj+ 1/2, and otj+l/2 denotes the elements of the vector o_j+ 1/2 :
The function W is: 
Benchmark test cases
The first case considers the nonreacting flow of an ideal gas in a divergent nozzle. We use the unsteady quasi-one Thecalculation wasrepeated forthesame fuel-air ratio but without theassumption of ideal gas,andconsidering instead arealgasinchemical equilibrium. Theheat release zone considered wasfromX'_q t = 0.25 to Xq" = 0.75, using a cubic function slightly different from the one given in Eq. The net specific impulse, Isp, is then calculated by
Here, _'p is the propellant weight flow rate for the primary stream, and (_'fuel)s is the fuel weight flow rate for the secondary stream.
The rocket element is designed to operate at a constant Off: ratio but at variable chamber pressure. Therefore, we The CFD computations were carried out from station 3 to station 6 (see Fig. 2b ). An isentropic expansion to freestream conditions was assumed from station 6 to station 9.
Expansion losses were included in the nozzle gross thrust coefficient Cyg. The values assumed for CI, _ are given in Table 1 .
The boundary conditions were specified as follows. At the inflow plane (station 3 in Fig. 2b ), the primary stream pressure, temperature, Mach number and gas properties were specified. For the secondary stream, the total pressure, total temperature and fuel-air ratio was specified. The dip in specific impulse at Mach 1 is due to inlet drag. ysiscode forramjet andscramjet engines, including ejector modeling. TheSMCcalculations were carried outusing the same rocket chamber pressures (listedin Fig.16 ), andthe same values forthevarious efficiency parameters (i.e., inlet recovery, combustion efficiency, nozzle grossthrust coefficient, etc.). Inaddition, theSMCcalculations assumed complete mixing andchemical equilibrium atthethermal throat, andassumed no inletlosses at sealevel staticconditions. Similar tothecalculations fortheIRScycle, theSMCanalysisassumed flowexpansion to atmospheric pressure atstation9 (see Fig.2b ).
TheIRScycleis slightly lessefficient thanitscounterpartSMCcycleuptoaround Mach3,where thetwocurves cross over. Thedifferences innetspecific impulse areingenerallessthan10%, witha maximum of 17%occurring at Mach1.Thisdifference in lowspeed performance would result in a 2-3%change in the launch vehicle finalmass. Advantages in weight andsimplicity of theIRScyclemay more thancompensate forthelower cycleefficiency.
Conclusions
The numerical model developed in this study is an efficient approach for analyzing the performance of the IRS The results obtained for the IRS cycle show that at subsonic speeds, there is no benefit in adding fuel to the airstream. The airflow, however, prevents the rocket plume from over-expanding. Above Mach 1, the airflow can be fueled and burned to generate ramjet thrust. The fraction of the thrust generated by the ramjet part of the combined cycle increases rapidly with Mach number, and the rocket can be progressively throttled down to obtain a higher specific impulse.
When the ramjet thrust alone is sufficient, the rocket can be completely shut off. Therefore, a smooth transition from all-rocket at lift-off to pure ramjet at some design supersonic Mach number is naturally attained. 
where a is the frozen speed of sound defined by 
